Mounting accuracy of satellite payload and ADCS (attitude determination and control subsystem) seats is one of the requirements to achieve the satellite mission with acceptable performance. Components of mounting inaccuracy are technological inaccuracies, residual plastic deformations after loading (during transportation and orbital insertion), elastic deformations, and thermal deformations during orbital operation. This paper focuses on estimation of thermal deformations of satellite structure. Thermal analysis is executed by applying finite-difference method (IDEAS) and temperature profile for satellite components case is evaluated. Then, Perform thermal finite-element analysis applying the finitedifference model results as boundary conditions; and calculate the resultant thermal strain. Next, applying the resultant thermal strain, perform finite-element structure analysis to evaluate structure deformations at the payload and ADCS equipments seats.
Introduction
The predicting of thermally induced structural responses of high precision spacecraft components operating in space environment is a complex and interdisciplinary problem. The thermal-structural response analysis of a spacecraft component operating under space orbital environment involves the following analysis work: 1) orbital heating loads analysis; 2) thermal modeling and the calculating of temperature profile; 3) structural modeling and the calculating of thermally-induced structural response. The temperature profiles of the satellite components were obtained by using I-DEAS TMG thermal analysis software based on finite difference technique, while the structural response was calculated using ANSYS structural analysis software based on finite element method.
Some general aspects of the thermal design and a detailed analysis of the battery and its compartment of China/Brazil Earth Resources Satellite is presented by Muroaka et al. [4] . The battery compartment is analyzed, using mathematical modeling, to calculate the radiator area and heater power consumption. The battery internal temperature gradients are estimated, also using mathematical modeling, to verify the cells package design. The thermal package developed was used to create the thermal model where the temperature distributions are predicted by a thermal analyzer based on finite differences.
Furthermore, Moffitt addresses thermal modeling used during the design and analysis of the Combat Sentinel Satellite (CSSAT) [5] . An overview of the analysis used to make design decisions and create working thermal models is discussed. A thermal model of the satellite developed using I-DEAS TMG is also explained.
Results from the thermal vacuum chamber tests are presented and compared to the analysis. Finally, the correlated thermal model is used to predict temperatures during extreme orbital heating environments.
The satellite under study is a remote-sensing satellite and instruments provide lowcost, multipurpose, land remote-sensing data for Earth. It carries payloads onboard called the Multi-band Earth Imager (MBEI).
THERMAL MODEL
This section describes the orbital thermal analysis of the satellite developed and implemented in I-DEAS TMG software. The model includes on-orbit heating loads analysis, view factor calculating, thermal analysis to obtain the temperature distributions. The following will represent the satellite thermal model and all the used parameters of the thermal model will be listed and the analysis will be discussed.
The design of the thermal control system of this satellite can be done in two ways, passive and active. The conceptual thermal design of this satellite will base on the
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low mass requirement of this satellite. Due to this limitation, the satellite will not have an active thermal subsystem since active subsystem requires a large amount of mass together with power which is both extremely limited in this mission. The satellite orbits Earth at an altitude of 668 km in a Sun-synchronous polar orbit with an inclination of 98°. Table 1 lists some general information about the satellite.
GMM Construction
The thermal analysis involves constructing a geometric math model (GMM) and a thermal math model (TMM) of the satellite and identifying analysis cases to be run. The GMM and the TMM serve different purposes. The GMM is a mathematical representation of the physical surfaces, of the satellite and is used to calculate black body radiation couplings between surfaces as well as heating rates due to environmental fluxes. The TMM is most often a lumped parameter network representation of the thermal mass and conduction and radiation couplings of the satellite, and is used to predict satellite temperatures. The radiation interchange couplings and environmental heat fluxes calculated by the GMM are used in constructing the TMM. Both the GMM and TMM are constructed and executed using I-DEAS TMG. Figure 1 shows the deployed configuration of the studied satellite. The satellite is shaped as a rectangular structure with the dimensions of 640x640x680 mm. The main carrying structure consists of modules and two lower and upper mounting plates.
The satellite structure is the frame that all the other on-board subsystems are attached to. Heat shields are installed on satellite structure to protect the internal subsystems from the space environment which includes sunlight and other radiations. The structural design consists of aluminum modules each 300x380 mm with different heights and containing a different subsystem. The assembled body of the satellite has the modules stacked in a cubic block with the lower and upper plates by studs. The module on the bottom holds the computer. In the next module will be the transmitter electronics and above it the attitude control. The middle module will hold the power regulating module and then battery in the top. The solar arrays are fixed to the outside of this aluminium box by means of rotation mechanisms, which deploy after the separation of the satellite from the launch vehicle.
The satellite is oriented in the orbital coordinate system by the longitudinal axis pointed to Earth, and diagonal plane connecting lateral edges in plane I-111 lies in the flight plane as shown in Fig. 2 .
First, the GMM of the satellite was constructed using I-DEAS TMG. The model consists of a simple representation of the satellite and the payload. It was constructed using rectangular, circular, and cylindrical surface elements, and each surface was assigned the appropriate solar absorptivity and emissive. Dimensions and mass of each component of the satellite have can be found in Table 2 .
In order to simulate the physical properties of each component, several materials have been created. However, because of the very severe thermal environment, those materials should either have a very low thermal expansion to avoid any compression or expansion in the satellite structure or a very high conductivity in order to ensure a homogeneous temperature distribution. Table 3 lists the different materials and their associated properties.
The next step is to determine the thermo-optical surface properties. Because that the satellite is not very energetic, all the exterior surfaces -heat shields, upper, and lower mounting plates-are selected to be black coated. On the interior of the satellite, it is not desired to exchange energy with the exterior surfaces, thus white paint is used. The emissive value used for solar cells was an effective value found by taking the emissive of the solar cell material and subtracting the cell efficiency. Table 4 gives the values of different thermo-optical properties of different coatings.
The next step was to mesh the model. All the satellite components were modeled as a thin shell mesh. For this to be implemented, the model has to be divided into a network of elements.
The element chosen from the I-DEAS TMG library was linear quadrilateral thin. This type of elements assumes a constant thickness. Because of the small thickness of all the elements, this thin shell was the most appropriate element which could represent it without using an excessive number of elements.
Many different elements were created on all surfaces. Each one has a different thickness. When the volume was meshed, shell elements were used with a thickness chosen to result in approximately the same mass as the structure. The basic block unit is shown in Fig. 3 after meshing.
The control volume's computational domain consisted of 7098 elements with 9216 nodes. The rotation mechanisms were excluded from the geometrical and finite element meshing for simplification. Thermal couplings were created between the solar arrays and the upper mounting plate -in the TMM-in order to simulate the conductive links between them. The satellite after complete meshing is presented in Fig.4 .
TMM Construction
The TMM consists of elements representing parts of the satellite, conduction and radiation exchange between those elements, and boundary conditions such as environmental heating and internal heat generation rates.
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The satellite will experience various temperatures as it is orbiting the earth because of various reasons such as solar radiation, albedo radiation, Earth radiation, internal power consumption, and the cold surrounding environment (2.7°K).
For the satellite ability to fly in a specified orbit, the entire range of [Jangles must be studied. Calculations were then made at altitudes of 668 km to bracket expected 13 angles. Thep angle is defined mathematically as [1] :
where 13 = beta angle Ss = declination of the sun i = orbit inclination = right ascension of the ascending node 05 = right ascension of the sun To achieve sun synchronous orbit, the local time of descending node (51-12,) and the orbit inclination (i) should be constant. It should be noted that, due to change in the sun's declination over the year, 23.45° to -23.45°, the 13 angle is not constant but varies over a small range. The p angle history during one year is shown in Fig. 5 .
Based on the satellite operating modes and thermal design requirements, one significant thermal design analysis case was identified as shown in Table 5 . At 13=23.7, which occurs during winter solstice, the satellite spends more time in the sun, thereby increasing the orbit average solar load and it will be considered as the hot operating case conditions. This case includes maximum solar heating, maximum Earth IR and albedo radiations, and maximum (end of life) solar absorptivity on the external surfaces.
The GMM was then run using I-DEAS TMG to calculate the radiation interchange factors between all surfaces. The GMM was then placed mathematically into the proper orbit and attitude. Solar, Earth IR, and albedo heat loads absorbed on each surface were calculated for 50 points (7.2-degree intervals) around the orbit. The results have been computed on 30 orbits (about 2 days) in order to check the stability of the solution. Sample orbit plot is shown in Fig. 6 .
The satellite has a average operational loads of approximately 65 W. For the design orbit, orbit averaged (constant) heat load was defined for each component. The constant dissipations were used in conjunction with the orbit averaged external heat load to determine a realistic temperature. Internal power dissipation was modeled using heat load boundary conditions.
Modeling Parameters
The I-DEAS TMG software uses a finite difference method to solve the heat balance equation and to get the temperature distribution in the model. where Co= the capacitance of the element T1,14-dt,n4-1 = the temperature of element i at time t+dt and iteration n+1 n = the current iteration value T,,t= the temperature of element i at time t At = the integration time step Q u-Kit(t) = the heat generation rate of element i as a function of time at time t+dt Gij = the sum of the conductive conductances between i and j = Stefan Boltzmann constant F4 = gray body view factor between elements i and j A =radiating surface area of element i
The Backward method was used to solve equation (2) . In particular, it is most effective for this model where -rm," is small compared to the solution interval. In addition, it is more accurate than the Forward-Backward method under conditions of rapid temperature change. 
THERMAL ANALYSIS RESULTS
In this section, the thermal analysis of the satellite will be discussed. Table 6 and Fig.7 present temperature distribution on the satellite case components. The thermal analysis was performed to evaluate the thermal transient over an orbit and to define the thermal gradient across the different components.
By referring to the thermal results gained above, the structure will not experience high temperatures during the mission. Inspection of the above results appears that the maximum temperatures occur at the onboard computer frame modules (25.2 °C). As one can notice from Table 6 , there is a difference of 6°C between two sides of the first onboard computer frame module. This temperature difference is due to the temperatures of the heat shields. The heat shields have a direct impact on the temperature of the frame modules as from facing the heat shield facing the sun or deep space. As it has been showed in Fig. 7 , the temperature gradient between the plates did not exceed 5°C.
Temperature drop in height of reinforcing ribs was taken equal to 0.2 °C. For plates this temperature increases in the direction of an mounting plate, and for a case of a basis unit -inwards of a basic unit. In calculation of thermal strains of the plates and basic unit case, a temperature drop in height of reinforcing ribs was taken into account. In calculation of cases of frame modules this drop was not taken into account, since it effects slightly on angular deviations of instruments requiring an accurate installation. These temperature distributions are applied in a finite-element model as boundary conditions and thermal analysis is executed but using FE technique this time. This step is done to account for the mesh difference between finite-difference model and the finite-element one.
FINITE-ELEMENT, THERMAL AND STRUCTURE ANALYSES
Temperature changes can affect structures in many ways. Most materials expand when heated and contract when cooled. In space, the sun ensures that an orbiting satellite's temperatures are neither uniform nor constant. As a result, satellite structure distorts. The materials that make up a satellite structure expand or contract different amounts as temperatures change. Thus, resulting in stresses that can cause them to yield, rupture, or fatigue. High temperatures usually degrade material strength and stiffness. Structure designers should understand thermal environments and requirements.
Thermal deformations (rotational angle around X, Y, and Z w.r.t Basic coordinate system of Satellite, Fig. 8 ) are evaluated for the worst case' (maximum temperature). The origin of the base coordinate system (BCS) 06 in the plane of the star sensor mounting seat on bracket and coincides with the center of the segment of a tangent line to two high-accuracy studs on the side, that is closer to the basis unit center. X5 axis coincides with the above-mentioned tangent and is directed towards stabilization plane I. Z6 axis is directed towards the satellite base, perpendicular to X6 axis and is located at an angle of 41'relative to the star sensor-bracket interface plane. Y5 axis provides a right-handed coordinate system. This worst case was determined by performing thermal analysis of satellite structure in orbit by the thermal analysis engineer (Table 6 Analysis of thermal strains of a satellite structure was performed by the finite element method (FEM) using the ANSYS program. FEM is one of the main computational techniques of problems of the continuous medium mechanics. The idea of this technique is in an approximation of the continuous medium with an infinitely large number of degrees of freedom by a combination of simple elements having a finite number of degrees of freedom and related among themselves at nodal points.
Superelement method is applied. All the super-elements among themselves and virtual part were related by contours of holes; these holes were intended for studs connecting the satellite structure as a monoblock (unit). Walls of the basis unit case were connected by contours of holes; these holes were intended for screws securing the walls among themselves.
Super-element part of the model was decomposed into four elements (Fig.9) : -base; -frame of a basis unit case; -case of a basis unit with a truss of the angular velocity meter; -mounting plate. Model was decomposed into structural volume finite elements solid 92.
Instruments requiring an accurate installation were as plates in the design diagram; these plates were hinged to the attachment points of respective instruments. Modulus of elasticity of these plates (to avoid an effect of their stiffness on thermal strains was taken equal to a modulus of metal elasticity of the main structure; modulus of elasticity of plates was less than a modulus of metal elasticity by two orders of magnitude. Apply displacement boundary conditions by fixing one of the star sensor four points of fixation (on bracket) in 'z' directions. Then, fix the next point in the 'x, z'. Fix the other two points in the `y,z' direction only.
All virtual structures of the ADCS and payload devices are replaced by thin plate of thickness = '1 mm' and modulus of elasticity = 'E / 100' to avoid influence of plate on thermal deformation. Rotational deformation of each device w.r.t basic axes is determined at the center of each plate.
Performing thermal deformation analysis is determined using ANSYS for the Basis Unit Block where all ADCS equipments and the two imagers are installed. Review results and record those in table for later use of mounting accuracy after the effect of static and dynamic loads have been determined. UNITS of rotation deformation calculated from ANSYS are RAD, so we need to multiply by Y180/4 * 60' to represent results in 'ARCMIN' format.
Thermal deformation (rotations) relative to basic coordinate system is listed in Table  7 . Figures 10 to 12 show thermal rotation of the two imagers and reaction wheel-4.
CONCLUSION
The finite-difference method is excellent for building satellite model. The method is compatible with the basic surface primitives, e.g., cones, cylinders, spheres, etc., used to describe spacecraft surfaces in the radiation codes. The finite element mesh does not have to be uniform. The accuracy of the method is judges by the truncation error from Taylor expansion. The truncation error can be reduced with smaller mesh and smaller time steps. The finite-element method is extensively used in structural analysis. The method is excellent for solving thermal/stress problems. Normally the structural model requires more detail than the equivalent thermal model. The real strength of finite-element techniques are the mesh generation schemes. These techniques cab easily handle irregular surface shapes. This is why finite-element mesh-generating scheme have been used to develop and post-process finitedifference temperature results.
Thermal analysis was executed applying finite-difference method (IDEAS), and then the temperature profile that is evaluated is applied as boundary condition in the finite-element model (ANSYS). Perform thermal analysis using finite element model to interpolate temperature profile to the finite-element mesh. Thermal deformations are then calculated and recorded for the payload and ADCS equipments seats mounting accuracy evaluation process. 
